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1. Introduction

A hybrid rocket engine utilizes propellants which are stored in different

phases. Even though there are some hybrid engines employing liquid fuel and solid

oxidizer, the most common, classical hybrid, uses liquid oxidizer and solid fuel grain.

Hybrid rocket engines hold both advantages and disadvantages over the

other two types of engines, solids and liquids. These will be discussed later on in

this thesis, but the advantages make hybrid rocket engines attractive especially for

academic purposes and also for certain types of commercial uses.

The scope of this thesis is to create a conceptual design of a hybrid rocket

engine for a sounding rocket able to perform measurements in the mesosphere. The

goal is to provide baseline design for combustion chamber, nozzle, oxidizer feeding

system and other crucial engine elements, which can developed further in years to

come.
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2. Hybrid Rocket Engines

In this chapter the history of hybrid rocket engines is briefly discussed. The

basic principles of hybrid engine rocketry, advantages and disadvantages compared

to solid and liquid engines along with potential applications for vehicles with hybrid

rocket propulsion. Followed by a summarization of the combustion principles and

regression rate. Finally possible and popular combinations of the propellants are

listed, with comparison of ISP developed by the specific combinations.

2.1 History of hybrid rocket engines

First successful recorded use of the hybrid rocket engine dates to the year

1933, when researchers from Soviet Group of the Study of Reactive Motion (GIRD)

launched GIRD-9. This engine used gelled gasoline and liquid oxygen as propellants.

On the first attempt the vehicle reached altitude of 400 meters, on the second

attempt in 1934 the GIRD-9 rocket reached 1500 meters.

In the late 1930s Germans initiated efforts of their own in the hybrid rocket

engine investigation. Their 10-kN hybrid engine used coal as the solid fuel grain and

gaseous nitrous oxide as oxidizer. Carbon has a very high heat of sublimation, this

causes poor burning rate and these experiments were not successful.

Beginning in the mid-1940s Pacific Rocket Society made noticeable effort in

hybrid rocketry with the series of XDF engines. Over time the fuel grain evolved,

from wood in the earlier attempts to rubber-based fuel in the latter. Early attempts

experienced failures during the tests, XDF-3 used a wooden nozzle, even though

it was soaked in a chloride solution it was demolished during operation, XDF-4

broke away from the test stand after 2 s of operation. Eventually XDF-23 made a

2



2.1. HISTORY OF HYBRID ROCKET ENGINES Ivan Šonka

successful flight in 1951 and reached altitude of approximately 10 km.

In 1960s French launched their first hybrid rocket LEX, able to reach 100

km. In the late 60s Sweden introduced sounding hybrid rocket able to carry 20 kg

of payload to 80 km.

Major breakthrough for hybrid rocket engines came in 1984, when company

Starstruck Inc. developed and launched Dolphin sounding rocket. This sea-launched

vehicle was first privately developed and first large scale hybrid. Weighing 7,500 kg

and able to develop up to 155 kN of thrust. These attempts to privately engineer

hybrid rocket engines were soon followed by another American Rocket Company

(AMROC), with over 300 hybrid engines test. Tested engines range from 4.5 kN up

to 1.1 MN of thrust. In the 1996 the company was shut down, but 4 years later

their intellectual property was taken on by SpaceDev and some of it was used in

development of SpaceShipOne.

NASA joined hybrid rocket endeavour in 1995 with Hybrid Propulsion Demon-

stration Program. Several Hyperion rockets built under this program utilized com-

bination of HTPB and N2O.

One of the most recent vehicles utilizing hybrid rocket engines is the Virgin

Galactic’s SpaceShipOne and SpaceShipTwo. Primary goal of this program is to

provide space tourism opportunities. Both vehicles were designed for air-launch by

a mother ship, approximately at the altitude of 15 km, for the SpaceShipTwo, the

latter and more recent iteration, the engine is ignited afterwards with a burn time

of 70 seconds. After the engine powered flight the vehicle is to coast beyond the

Karmán line, approximately 110 km. SpaceShipOne used HTPB/N2O as a propel-

lant, for SpaceShipTwo new engine was developed, simply called RocketMotorTwo,

during the development it was considered to change the combination to polyamid

plastic as the fuel grain, but eventually company came back to the original combi-

nation. RocketMotorTwo develops 310 kN of thrust with a specific impulse of 250

s (2,452.5 Ns/kg).

3



2.2. BASIC PRINCIPLES OF HYBRID ROCKETRY Ivan Šonka

2.2 Basic principles of hybrid rocketry

As it was mentioned in the introduction the crucial feature of the hybrid

engine that distinguishes it from solid and liquid engines is the fact, that oxidizer and

propellant are kept in separate phases. Most common is the combination of solid fuel

grain and liquid oxidizer. Reversed hybrid engines use the opposite combination.

Unlike the liquid engines, where oxidizer and propellant are mixed with the desired

O/F ration in the combustion chamber and ignited, the hybrid engine has a solid

fuel grain likely in a form of a tube. Oxidizer is then pressure fed via a valve and an

injector, as it can be seen in the schematics 2.1. One the major differences between

liquid and hybrid engine is the shift of O/F ration, in the combustion chamber

of liquid rocket engine O/F remains the same, for the hybrid engine combustion

chamber the O/F shifts as we travel along the length of the fuel grain. Another

major factor influencing the overall performance of the hybrid engine is the cross

section of the chosen fuel grain. For the solid engines the cross section of the

propellant grain determines the shape of the thrust over time curve. This effect is

similar with the hybrid engines, nevertheless hybrid engines have crucial advantage,

they usually have the possibility to reduce or increase the mass flow of the oxidizer

and throttle the engine.

Figure 2.1: Hybrid rocket schematics

4



2.2. BASIC PRINCIPLES OF HYBRID ROCKETRY Ivan Šonka

2.2.1 Advantages and disadvantages

There are several key aspects, when it comes to propulsion engineering and

rocket engine features such as performance, simplicity, reliability, safety of opera-

tions, design and operations costs and in recent years environmental impact has

also become a topic that needs to be addressed. The nature of the hybrid rocket

engines affords certain advantages over the liquids and solids, yet it also has certain

disadvantages.

Advantages over liquids

• Mechanical simplicity - With only either oxidizer or fuel in the liquid phase,

the hybrid rocket engine system requires less complex overall construction,

resulting in less plumbing, less valves, less pressurized vessels and pumping

features.

• Higher propellant density - Fuel grain in the solid phase usually has higher

density compared to liquid fuels. thus reducing overall volume and construc-

tion costs and weight of the system. However with bigger combustion chambers

it is necessary to use fuel grain with multiple ports, as the area of the fuel grain

exposed to the flame must increase. This lowers the overall bulk density of

the solid propellant and mitigates this advantage.

• Propellant versatility - There are many different oxidizer/fuel combinations

to use. Some of these being hypergolic. To further increase the performance

additives can be added to the fuel grain, materials like aluminium, magnesium,

lithium and others. Although this has also negative side effect. Small particles

of the metal additives might be propelled into the nozzle after combustion.

These small particles with high velocity have abrasive effect on the nozzle and

one must take this effect into account when using additives.

• Simplified throttling - The engine can be throttled by altering the flow of

the liquid phase, therefore it is not necessary to match the flow of both oxidizer

5



2.2. BASIC PRINCIPLES OF HYBRID ROCKETRY Ivan Šonka

and fuel, which must be synchronized for the liquid engines. The flow of the

solid propellant alters due to reduction or increase in the liquid flow. Shut

down of the engine can be achieved by simply terminating the liquid flow.

• Safety - Safety is of paramount importance when it comes to propulsion sys-

tem engineering. As the solid fuel polymers are usually used. ”The fuel is

inert and can be manufactured, transported, and handled safely in accordance

with standard commercial practice. The system is nonexplosive because an

intimate mixture of oxidizer and fuel is not possible”

Advantages over solids

• Able to restart and throttle - Once the solid engine is ignited it is im-

possible to shut it down and restart. Hybrid engine equipped with igniter or

hypergolic propellant combination can be shut down and restarted. Reducing

the liquid flow can be used to throttle the engine, this is not possible with the

solid engines. The solid part of the propellant responds accordingly to the flow

of the liquid. The greatest influence one can have on the thrust development

over time in the solid engine is by the choice of the fuel grain cross section.

• Higher performance - Hybrid engines have higher theoretical specific im-

pulse ISP.

• Safety Hybrid engines have reduced hazards during the propellant transporta-

tion, solid and liquid phase can be transported separately. As the substances

used in solid propellant are often chemically incompatible, solid fuel grain can

suffer defects and distortions. Fuel grain faults can be also found in the hy-

brid rocket engine, but they are less likely to occur and usually are developed

during the manufacturing process and are stable when stored.

• Easier fuel preparation - As mentioned above the process of preparing solid

fuel grain poses explosion hazards and uses harmful chemical substances. For

hybrid rocket engines polymer based fuel grains can be used, which are safe

to handle.

6
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Disadvantages of the hybrids

• Regression rate - Fuel grain regression rate is closely tied to the thrust and

performance of the engine. For bigger combustion chambers the fuel grain

needs to have multiple ports in order to develop sufficient thrust. ”...most

combustion chambers over a foot in diameter require multiple ports to provide

adequate burning surface to meet the required thrust. This characteristic,

however, is desirable for long-duration applications with a low-thrust require-

ment such as target drones, hovering vehicles...”

• Combustion efficiency - Hybrids usually have lower combustion efficiency

compared to both solids and liquids due to the large diffusion flame, which

results in lower mixing rate. Nevertheless hybrids have higher theoretical

specific impulse ISP, this results in hybrid vehicle being able to outperform

solid in the end.

• O/F shift - With longer burn times the initial port size increases as the larger

surface area is exposed to the flame. The second cause of the O/F shift is the

change due to the combustion, making the O/F ratio shift along the length

of the port. With proper initial O/F design these can be reduced and held at

less then 1%.

• Throttle response rate - Speed of the response to the change of the liq-

uid flow is lower compared to liquid engines. Hybrid engines are therefore

viable for the applications, where speed of the response is not of a paramount

importance.

2.2.2 Potential applications

Generally the hybrid rocket engines can be used in every rocket applications,

due to the advantages and disadvantages discussed above there are some applications

where they are superior to the competition.

7



2.3. HYBRID ENGINE COMBUSTION Ivan Šonka

• Sounding rockets - This is probably the most extensive use of hybrid rocket

engines. Various widely accessible propellants make the hybrid engine desir-

able for sounding rockets. Generally sounding rockets have low cost and short

lead time, with their use being typically meteorology and upper atmosphere

research. Compared to weather balloons and satellites they can reach altitudes

inaccessible to these. Sometimes they can also be used to test and experiment

on technology meant to be used in orbital programs. As it was discussed in

the 2 some of the early experiments with the hybrid rocketry were sounding

rockets.

• Space engines - Ability to shut down and restart and to throttle the engine

during the run combined with the not so complex construction make hybrid

engines viable also for providing the exact final velocity to guide vehicle on

it’s orbit.

• Boosters - The ability to provide large amounts of thrust makes hybrids also

desirable as the boosters for larger vehicles. Throttling and shut down/restart

feature are major advantages over the solid boosters, increasing the safety of

operations of the vehicle. ”The incentive for this development was to provide

a throttling and thrust termination capability for both vehicle performance

improvement and abort capability in the event of a system failure. This interest

was partially stimulated by the Space Shuttle Challenger failure in 1986.” [10]

2.3 Hybrid engine combustion

To initiate hybrid engine combustion it is first necessary to vaporize the

solid fuel. By providing the source of heat, from the igniter, the fuel grain surface

vaporizes. Through the injector oxidizer is fed into the combustion chamber and

mixes with the vaporized fuel particles. If enough of the fuel grain has been vaporized

the mix becomes combustible and engine is ignited. After the ignition fuel grain

surface pyrolyzes due to the heat of the flame, which is formed at approximately

8
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10-20% of the boundary layer thickness above the surface. Pyrolyzed fuel moves

into the flame zone and reacts with the gasseous oxidizer, resulting in more heat

to sustain pyrolysis. ”The fuel mass flux due to pyrolysis, however, blocks some

of the heat transfer to the surface, which causes a decrease in the regression rate

and corresponding strength of the wall blowing effect and, in turn, a weakening of

the blocking action, which in turns means that more heat can reach the surface,

and so on. This tendency toward a self-regulating interaction between heat flux,

mass blowing, and heat flux blockage is a distinguishing characteristic of hybrid

combustion.” [10]

Figure 2.2: Simplified model of the hybrid combustion [3]

Below the active combustion zone a fuel rich zone is formed, in a

similar fashion above the combustion zone a oxidizer rich zone forms. The oxidizer

under specific conditions may be able to pass through the flame zone and interact

with the fuel on the pyrolyzing surface.

9
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2.3.1 Regression rate

One of the key factors of the hybrid engine is the regression rate, which depicts how

fast the fuel surface recedes over time of the operation. Based on the values of the

regression rate the fuel grain dimensions are determined, therefore it has first order

impact upon the design of the engine, it directly effects the combustion chamber

length and diameter. Accurate data are also crucial for the design in order to avoid

premature burn out or on the other hand residual unburned fuel grain adding mass

burden to the rocket.

One of the earliest analysis of the regression rate is shown in the 2.1, adapted

from [11]. This theory was models the hybrid combustion as a diffusion flame with

a turbulent boundary layer, formed above the pyrolyzing surface. This model also

takes in account the effect of the ”heat blocking effect” of the fuel mass transferring

into the boundary layer.

ṙ =
0.036G

ρf

(
Gx

µ

)−0.2(
ue4h
uchv

)
(2.1)

The instantaneous local regression rate ṙ, instantaneous local mass flux G

and the distance along the port length x are the variables of the equation, while the

velocity ratio, ratio of enthalpy difference and main steam viscosity are constants.

The coefficient 0.036 if for imperial units, for which the expression was originally

derived.

Over the years tests results proved the validity of the Marxman’s regression

rate law, but the common practice for regression rate analysis is to utilize a form

of reggresion rate law augumented by exponents and coefficients, empirically found

from subscale experiments.

ṙ = aGn
oxx

m (2.2)

Exponents n and m and the coefficient a are determined experimentally,

the coefficient a is not a unit less coefficient, therefore care for usage of consistent

10
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units must be taken. Another advantage the second expression for regression rate

holds is the usage of oxidizer mass flux Gox, much more easily measurable quantity,

compared to the overall mass flux. [13]

2.4 Propellant combinations

The classical hybrid, liquid oxidizer and solid fuel, has a wide inventory of

available propellant combination. Choice is more restricted for the reverse hybrid,

because the solid oxidizers are in limited number and it is difficult to use in larger

scales, due to the mechanical limitations.

Probably the most popular among the solid fuel grains is the HTPB (Hydroxyl-

terminated polybutadiene), other polybutadiene based polymers are also suitable,

but the HTPB is generally the favourite of this group, due to commercial availabil-

ity. Other hydrocarbons can be used, to name a few: paraffin wax, polyethylen

even coal and wood, which were used in earlier days. One of the advantages of

these polymer fuels is the possibility of introducing performance additives, such as

Al,AlH3, Li, LiH, LiAlH4 etc. ”These additives can enhance either motor perfor-

mance through Isp improvement or vehicle performance through increased density

and, hence, mass fraction.” [10].

Special type of the solid fuel grains are the cryogenic solids, gasses like

pentane, methane, carbon oxide, oxygen and hydrogen are frozen solid and used as

the fuel grain. The goal in development of this solids was to come up with a hybrid

combination able to compete with the high-performance liquid cryogenic propellants.

The technological challenges that arise with the use of cryogenic solids, the added

weight of the required insulation, inconvenient manipulation and generally larger

expanses overshadow the advantages.

For the liquid oxidizers essentially the substances as with the liquid engines

are used. Chiefly being the O2 and FLOX (2 part F2 to 1 part O2 mixture. N2O

is also very popular for smaller scale engines, because it is widely available in a

form of charges for cream whippers. For the solid oxidizers we can name nitronium

11
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Fuel Oxidizer Optimum O/F Sea level Isp (Ns/kg) c∗ (m/s)

HTPB LOX 1.9 2 745 1 820
HTPB N2O 7.1 2 423 1 604
HTPB FLOX 3.3 3 080 2 042

PE LOX 2.5 2 737 1 791
PE N2O 8.0 2 423 1 600

Paraffin LOX 2.5 2 756 1 804
Paraffin N2O 8.0 2 432 1 606

HTPB/Al(40%) LOX 1.1 2 687 1 757
HTPB/Al(40%) N2O 3.5 2 472 1 637

Carbon LOX 1.9 2 443 1 599
Carbon N2O 6.3 2 315 1 522

Cryogenic hybrids
Pentane LOX 2.7 2 737 1 761
CH4 LOX 3.0 2 855 1 871

Reverse hybrids
JP-4 AP 9.1 2 305 1 526
JP-4 NP 3.6 2 541 1 669

Table 2.1: Table with several chosen fuel/oxidizer combinations and their perfor-
mance factors, pc = 3.45MPa pa = 0.1MPa, adapted from [10], originally listed
imperial units were converted into metric

perchlorate and ammonium perchlorate, which were used in combination with JP-4

(Jet Propellant), 50-50 blend of kerosine and gasoline. The combinations with solid

oxidizers are low performing, NP, being the stronger oxidizer, can be hypergolic in

contact with organic materials and AP is generally unstable so both have explosive

danger. Longer exposure to perchlorates also results in various thyroid related health

issues.

2.4.1 Propellant choice

Based on the information found in the table 2.1 to use classical hybrid

with a paraffin/LOX propellant combination. In the initial preliminary analysis the

combination of HTPB/LOX was also considered, but paraffin is more affordable and

easier to reform into the desired fuel grain shape.
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3. Hybrid Rocket Engine Design

In this chapter the conceptual design itself is discussed. First there is a

feasibility study and preliminary design, where the ideal burn time for the engine

in order to reach upper stages of atmosphere is decided. Followed by a design of

sub-systems of the engine, nozzle, combustion chamber, ignition, oxidizer injector

and supply system.

3.1 Preliminary Propellant Design

First thing to address in this chapter is the preliminary design of the oxidizer

and fuel grain. We aimed to get preliminary values of the mass flow, mass and volume

for the chosen propellant combination in order to perform feasibility analysis in later

section in order to evaluate the engine suitability for the desired application.

As the propellant combination of liquid oxygen and paraffin wax were cho-

sen. Three different burn times were considered 30, 45, 60 seconds. As the input

data for the preliminary calculations of propellant masses, flows and volumes have

served the ideal O/F , ISP and T .

ISP T O/F
2 756.61 15 000 2.5

Table 3.1: Input values for the preliminary calculation

Using following equations we have calculated the propellant mass flow, ox-

idizer mass flow, fuel mass flow. The values substituted into the listed expressions

are for the burn time tb = 45s, which was later in the section 3.2 deemed as the

most viable setup.
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ṁprop =
T

ISP
(3.1)

ṁprop =
15 000

2 756.61
= 5.44 (3.2)

ṁf =
ṁprop

1 + O
F

(3.3)

ṁf =
5.44

1 + 2.5
= 1.55 (3.4)

ṁox = ṁprop − ṁf (3.5)

ṁox = 5.44− 1.55 = 3.89 (3.6)

Based on the burn time tb we have calculated the needed mass of the pro-

pellant needed, followed by the oxidizer and the fuel masses:

tb =
mprop

ṁprop

(3.7)

mprop = tb · ṁprop (3.8)

mprop = 45 · 5.44 = 244.87 (3.9)

mox =
mprop · OF

1 + O
F

(3.10)

mox =
244.87 · 2.5

1 + 2.5
= 174.9 (3.11)
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mf =
mprop

1 + O
F

(3.12)

mf =
244.87

1 + 2.5
= 69.96 (3.13)

To determine volumes of the oxidizer and the fuel needed we must find the

densities of the substances. We have assumed the liquid oxygen ρOX=1 281.2 kg/m3

(at p=3 MPa and T=61 K) and the paraffin wax ρf=923 kg/m3 (at p=1 atm and

T=298 K). The found results are summarized in the table 3.2.

Vox =
mox

ρox
(3.14)

Vox =
174.9

1 281.2
= 0.136 (3.15)

Vf =
mf

ρf
(3.16)

Vf =
69.96

923
= 0.076 (3.17)

tb(s) 30 45 60
ṁprop (kg/s) 5.44 5.44 5.44
ṁf (kg/s) 1.55 1.55 1.55
ṁox (kg/s) 3.89 3.89 3.89
mprop(kg) 163.24 244.87 326.49
mox(kg) 116.6 174.9 233.21
mf (kg) 46.64 69.96 93.28
Vox(m

3) 0.091 0.136 0.182
Vf (m

3) 0.051 0.076 0.101

Table 3.2: Summarization of the propellant design
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3.2 Feasibility Analysis

With the chosen propellant combination, paraffin wax as the solid fuel and

liquid oxygen as the oxidizer, it is necessary to decide the burn time of the engine.

Three different variants were on the table, 30 s, 45 s and 60 s burn. For all the

variants the thrust was equal, 15 kN.

The goal is to assess would yield the best result in terms of altitude. Mission

goal for vehicle using this engine is to carry scientific instruments to the mesosphere.

Mesosphere extends from 50 km up to 85 km. The target altitude is therefore within

these limits.

Approach to determine the peak altitude of the sounding rocket was as

follows. Using equation 3.18 the acceleration at any time can be found.

F =
m

a
(3.18)

The overall forces acting on the rocket during the propelled flight are the

thrust of the engine T , drag force FD and weight of the rocket W . The acceleration

at given time can be therefore found from the following equation (3.19):

an =
Tn − FD,n −Wn

mtot,n

(3.19)

Subscript n serves as a designation of the increment, starting at n = 0 and

finishing at the burn time. The engine’s thrust Tn is considered constant at the

value 15 kN. The acting drag force and weight can be found via 3.20 and 3.21.

FD,n =
1

2
· ρ · vn2 · CD · A (3.20)

Wn = g ·mtot,n (3.21)

The altitude and the velocity can be found via 3.22 and 3.23.
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vn = hn−1 + an−1 ·∆t (3.22)

hn = hn−1 + vn−1 ·∆t (3.23)

Upon reaching the burnout time, the equation 3.18 is no longer viable, as

the engine no longer provides thrust and the rocket enters coast phase of the flight.

Rocket will continue to coast towards the peak altitude and equation 3.18 must be

adjusted. The peak altitude is reached when the rocket velocity is equal to zero, the

coast flight phase is finished and rocket begins it’s descend.

an =
−FD,n −Wn

mtot,n

(3.24)

Specific impulse and ideal O/F ration for the paraffin/LOX propellant com-

bination can be found in The weight and mass flow of the oxidizer and oxidizer were

determined in the previous section 3.1 and can be found in the table 3.2

Weight of the construction and payload are hard to determine, therefore are

estimated at 0.7 times the weight of the propellant for all burn time variants and

weight of the complete rocket for the sake of peak altitude analysis was found as

follows:

mrocket = mprop + 0.7 ·mprop (3.25)

The peak altitude and the altitude where the engine burned out are listed

in the table 3.3.

tb(s) hout (km) hmax (km) tpeak (s) mf (kg) mox (kg) mempty (kg)

30 18.362 82.789 113.8 46.64 116.61 114.28
45 26.244 115.091 134.5 69.96 174.92 171.42
60 32.62 124.188 136.6 93.29 233.22 228.56

Table 3.3: Feasibility analysis results

Results discussion: As we can see from the table 3.3 even the 30 sec-
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ond burn version of the rocket would be able to climb almost to the upper stages

mesosphere, therefore all of the options could be deemed viable, however the calcu-

lation model used is simplified and the real peak altitudes for each option would be

somewhat lower in reality. The greatest discrepancy is the the drag force FD. The

cross-section area of the rocket was difficult to determine, during the calculations

a constant 5 millimeters were added to the outer radius of the fuel grain for all

options. Drag coefficient CD was considered to be constant throughout the whole

flight, which contradicts the real conditions. Numerical and experimental data show

that CD rises with the Mach number of the aircraft.

Figure 3.1: Cd0 for Maxus sounding rocket [5]
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Figure 3.2: Cd0 for Terrier-Black sounding rocket 1st stage [5]

Figure 3.3: Cd0 for Terrier-Black sounding rocket 2nd stage [5]

As we can see in the figures 3.1, 3.2 and 3.3 based on the CFD simulations

of sounding rockets performed in the [5] CD varies throughout the flight. Based on

the data the average CD0 varies from 0.32 to 1.1, estimate we have made, CD=0.5

can be considered viable for use in my calculations, but for more precise results more

detailed analysis beyond scope of this thesis would have to be done.
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3.3 Nozzle and Combustion Chamber Design

To asses the design of the combustion chamber and nozzle concept of the

ideal rocket propulsion was utilized. Thermodynamic principles are expressed us-

ing mathematical equations, which theoretically describe the quasi-one dimensional

nozzle flow. This is an idealization of the real behaviour of the full three dimen-

sional flow equations. ”In designing new rockets, it has become accepted practice

to use ideal rocket parameters which can then be modified by appropriate correc-

tions,...”[3]. For idealizing the flow following assumptions are in place [3]:

• Chemical reaction products are homogeneous

• Working fluid is in a gaseous phase, any other phases add negligible amount

to the total mass

• Working fluid obeys the perfect gas law

• The flow is adiabatic

• Boundary layer effects and friction are neglected

• There are no shock waves or discontinuities in the nozzle flow

• The propellant flow is steady and constant. The expansion of the working

fluid is uniform and steady, without vibration. Transient effects (i.e., start up

and shut down) are of very short duration and may be neglected

• Combustion gasses have an axially ditected velocity

• The gas velocity, pressure, temperature, and density are all uniform across any

section normal to the nozzle axis.

• Chemical equilibrium is established within the rocket chamber and the gas

composition does not change in the nozzle
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3.3.1 Nozzle Geometry

In this section of I am to determine the geometry of the nozzle used for our

engine. Based on the calculations from the master thesis of my colleague Ľuboš

Jiroušek and his solid fuel grain analysis we know the external diameter of the fuel

grain. I assume the following equilibrium.

dext,g = di,c = d1 = 0.32m (3.26)

Since I know the diameter at the nozzle inlet I can determine the nozzle

inlet area A1.

A1 = π
d21
4

(3.27)

A1 = π
0.322

4
= 0.08m2 (3.28)

Next I have determined the throat area and the throat diameter. From

the equation 3.29 we see the range of the area ratios. I have chosen the the ratio

according to the 3.30.

A1

At
= 3÷ 6 (3.29)

At =
A1

6
=

0.08

6
= 0.13m2 (3.30)

dt =

√
4 · At
π

(3.31)

dt =

√
4 · 0.013

π
= 0.13m (3.32)

To calculate the nozzle exit area and the nozzle exit diameter I used 3.34

and 3.36, based on the area ratio stated in 3.33. I have set the nozzle expansion as
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ε=15.

ε =
A2

At
= 15÷ 30 (3.33)

From the equation 3.33 I have determined then nozzle exit area and the

nozzle exit diameter:

A2 = ε · At (3.34)

A2 = 15 · 0.013 = 0.2m2 (3.35)

d2 =

√
4 · A2

π
(3.36)

d2 =

√
4 · 0.2
π

= 0.506m (3.37)

Next I have calculated the nozzle length, first for the conical shape, following

with the two versions of the bell shaped nozzle.

Lcone =
r2 − rt
tanθ

(3.38)

Lcone =
0.253− 0.065

tan15◦ = 0.7
m (3.39)

d1 A1 dt At d2 A2 Lcone L80%bell L60%bell

0.32 0.08 0.13 0.013 0.506 0.2 0.7 0.56 0.42

Table 3.4: Basic nozzle geometry

In order to determine the actual shape of the curve of the bell nozzle I

used the parametric approach based on the Rao’s approximation. The parametric

expression for the parabolic curve was adapted from [9].
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x = ay2 + by + c (3.40)

To find the parameters of the equation 3.44 I have adapted the system of

the linear equations from the same source:


2RN 1 0

2Re 1 0

R2
N RN 1



a

b

c

 =


1

tanθi

1
tanθe

xN

 (3.41)

XN is the x coordinate of the inflexion point where the radius rt and start of

the parabolic curve meets and can be found using the expression 3.42. The origin of

the coordinate system is in the intersection of the axis of symmetry and the throat

plane axis.

XN = 0.382rtsin(θi) (3.42)

Figure 3.4: Rao’s approximation bell nozzle design [9]

By substituting, sample calculation for the 60% bell nozzle, in the equation

3.43 I found the parameters a, b and c.
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2 · 0.0085 1 0

2 · 0.2530 1 0

0.00852 RN 1



a

b

c

 =


1

tan32.5◦

1
tan17◦

1.298

 (3.43)

Resulting into the following equation of the parabolic curve:

x = 3.5814y2 + 1.516y + 1.2864 (3.44)

3.3.2 Nozzle pressure and temperatures

By adjusting the equation 3.45 I can determine the combustion pressure in

the combustion chamber and at the nozzle inlet. The adjustment lies in multiplying

the characteristic velocity c∗, which can be found in the table 2.1, by correction

factor λ based on the nozzle choice resulting in equation 3.46 used to determine

the pressure on the nozzle inlet. Correction factor can be found in the 3.5, sample

calculation is shown for the conical nozzle in the equation 3.47.

c∗ =
pc · At
ṁprop

(3.45)

pc =
c∗ · λ · ṁprop

At
(3.46)

pc =
1804.4 · 0.9829 · 5.75

0.013
= 760 802 Pa (3.47)

With known combustion chamber pressure I can determine the throat pres-

sure. In the equation 3.48 I have not yet determined the specific heat ratio γ for the

combustion gasses. The general chemical composition of paraffin waxes is CnHn+2.

The equation 3.49 describes idealizied combustion process, I assume ideal combus-

tion, therefore only carbon dioxide CO2 and water H2O in the form of steam are

present on the product side of the equation. Paraffin wax is combusted with oxygen.

For this calculation I have assumed n = 1.
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Figure 3.5: Values of the correction factor for several nozzle types [3]

pt = pc ·
(

2

γ + 1

) γ
(γ−1)

(3.48)

CH4 + 4O2 ⇒ 2CO2 + 4H2O (3.49)

Knowing the combustion products and the ratio in which they are produced

during the combustion I can now determine their specific heat at constant volume

cv and specific heat at constant pressure cp. The relation between specific heats is

called specific heat ratio γ and is described by following equation 3.50.

γ =
cp
cv

(3.50)

The values of the cp and cv for both steam and carbon dioxide were found

in tables, based on the temperature of the gasses. At this point in the design

the nozzle temperatures were no yet calculated, I assumed T1 = 2500 K and after

calculating the temperatures made several iterations to increase the precision of the

calculations. After looking up the specific heats for the combustion products I have

determined the individual specific heat ratio for each carbon dioxide and steam. To
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determine the overall specific heat ratio of the combustion gasses I have calculated

the weighted arithmetic mean, based on the amount of the molecules produced

during the combustion as seen in 3.51.

γg =
2γCO2 + 4γH2O

6
(3.51)

Following are the sample calculations for T = 2800K:

γCO2 =
1.408

1.219
= 1.155 (3.52)

γg =
2 · 1.155 + 4 · 1.09

6
= 1.112 (3.53)

pt = 760 801.59 ·
(

2

1.112 + 1

) 1.112
(1.112−1)

= 442 759 Pa (3.54)

In the design I have assumed the engine to be first used at the atmospheric

temperature, hence following assumptions were made:

p2 = patm (3.55)

v2 = c∗ (3.56)

I have now determined pressure at nozzle inlet, throat and exit. Next I

have determined the temperatures at these locations. Temperature at the inlet T1

I can express from the equation 3.57 and calculated according to the 3.65. The

specific molar constant R∗ I found via 3.66. To determine the molar mass of the

combustion gasses I have, similarly to the approach with specific heat ratio, used the

weighted arithmetic mean of the individual molar masses 3.60. From the periodic

table: MCO2 = 44 g/mol MH2O = 18 g/mol. Alternative approach yielding the same

results is to use the cp and cv and it’s relation to the R∗ 3.61.
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v2 =

√√√√ 2γ

γ − 1
R∗T1

[
1−

(
p2
pc

) γ−1
γ

]
(3.57)

T1 =
v22 (γ − 1)

2γR∗
[
1−

(
p2
pc

) γ−1
γ

] (3.58)

R∗ =
R

M
(3.59)

Mg =
2MCO2 + 4MH2O

6
(3.60)

R∗ = cp − cv (3.61)

The letter M in the equation 3.60 stands for the molar mass of the com-

bustion gasses, not to be mistaken with Mach number, which is also denoted as M ,

this is an exception. In the equation 3.60 After I have determined the properties of

the combustion gases and the pressures I have calculated the throat temperature Tt

using the equation 3.68. In order to find the nozzle exit temperature T2 I have first

calculated the exit mach number M2 via 3.69. With known M2 I have found the

nozzle exit temperature 3.70.

Tt = T1

(
pt
pc

) γ−1
γ

(3.62)

M2 =

√√√√√2

[(
p2
pt

)− γ−1
γ − 1

]
γ − 1

(3.63)

T2 = Tt

(
1 +

γ − 1

2
M2

2

)−1

(3.64)
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T1 =
18042 (1.112− 1)

2 · 1.112 · 311.775
[
1−

(
101 325
760 802

) γ−1
γ

] = 2 754K (3.65)

R∗ =
8 314

26.67
= 311.775 J/kgK (3.66)

Mg =
2 · 44 + 4 · 18

6
= 26.67 g/mol (3.67)

Tt = T1

(
442 759

760 801.59

) 1.113−1
1.113

= 2 616K (3.68)

M2 =

√√√√2
[(

101:325
442 758.99

)− 1.116−1
1.116 − 1

]
1.116− 1

= 1.69 (3.69)

T2 = 2 616

(
1 +

1.116− 1

2
1.692

2

)−1

= 2 244K (3.70)

Section Inlet Throat Exit

p [Pa] 760 802 442 759 101 325
T [K] 2 754 2 216 2 244

Table 3.5: Pressure and temperature at different sections of the nozzle, at sea level
operation

Now I am able to get more precise approximation of the actual thrust de-

veloped by my design, unlike in 3.2 , in which I have estimated the thrust constant

throughout the whole flight. Using equation 3.71 I can determine the actual thrust

at sea level.

T = ṁpropv2 + (p2 − pa)A2 (3.71)

Th=0 = 5.75 · 1773.54 + (101 325− 101 325) · 0.2 = 10 198N (3.72)
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Pressure was determined using the ISA expression, 3.73 for height up to

h = 11 000m for after tropopause conditions 3.74 was used.

p = p0

(
1− 0.0065

h

T0

)5.2561

(3.73)

p = ptpe

(
ghtp
R∗Ttp

)
(3.74)

The thrust at the sea level can be found in the sample calculation 3.72 and

the thrust developed at sea level T = 10 198 N , the average thrust Ta = 20 492 N .

The course of the thrust over height is plotted in the 3.6.

Figure 3.6: Thrust as the function of the altitude until the burnout

3.3.3 Combustion Chamber

The dimensions of the combustion chamber of hybrid rocket engines is

largely governed by the solid fuel grain size. Although I have done some analysis

of the fuel grain dimensions in order to perform the during the preliminary analysis

stage of the design more thorough thought on the grain design was done by Ľuboš

Jiroušek, whose Master thesis was concerned with the design and analysis of the fuel
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grain and it’s combustion. For calculations regarding or referring to the fuel and

oxidizer I have adapted his findings. The equation 3.26 states the inner diameter

of the combustion chamber. In the subsection 3.3.2 I determined the combustion

pressure at the nozzle inlet, I assumed the combustion pressure at the nozzle inlet

equal to the combustion chamber pressure. The wall thickness is found using the

equation 3.76, apdated from [2].

tw =
(1 + fs)pcdi,c

σ
(3.75)

As the material for my designed I picked the Inconel 625, nickel-based su-

peralloy. Inconel 625 high strength properties, resistance to elevated temperatures

and good protection against corrosion. The ability to retain high yield stress at the

high temperatures is crucial for my application, the corrosion resistance is also de-

sirable as the combustion gasses at high temperature usually have higher corrosion

and oxidizing effects. This superalloy is used for example in nuclear, marine and

aerospace industries. The chemical composition can be seen in figure 3.7. From the

data sheet I have decided to place the operating temperature of the engine in the

range of 538◦C − 760◦C, with a temperature beyond this range the tensile strentgh

begins to deteriorate more rapidly. I set the operational temperature at 649◦C.

In the data sheet I also found other used values for my calculations, for example

the thermal conductivity k for the cooling system design. By substituting in the

equation 3.76 I calculated the wall thickness. The factor of safety fs = 2

tw =
(1 + 2) · 0.76 · 320

413.7
= 1.766mm (3.76)

The actual wall thickness was set at tw = 2mm.

Pre and Post combustion chamber

Pre-combustion chamber has an effect on the combustion chamber pressure

stability, ”chugging” the oxidizer into the chamber without enough space for it to
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Figure 3.7: Chemical composition on Inconel 625 alloy, adapted from Appendix 1

vaporize properly results in oscillations of the combustion pressure, example of this

effect can be seen in the picture 3.8. In my design the length of the pre-combustion

chamber was designed as a function of the inner chamber diameter L/D = 0.25.

The combustion chamber is located in the top casing, attached to the combustion

chamber and nozzle part via flange and bolts. The L/D ratio is on the lower scale of

suitable ratios, the whole issue of the oxidizer injection is in my case closely linked

with the ignition system and offers a opportunity for further investigation and study.

Post-combustion chamber serves as a space where yet uncombusted oxidizer

and fuel partlices may undergo combustion and also where the combustion gasses

mix properly. Similarly to the pre-combustion chamber this part was designed with a

link to the length to diameter ratio. Based on the smaller scale experiments I decided

to use L/D = 1. Post-combustion chamber has a direct effect on the combustion

efficiency of the engine, increasing the ratio increases the efficiency. After exceeding

the ratio L/D = 1 the beneficial effect on the efficiency decreases. The length of the

post-combustion chamber was designed to the point where the nozzle convergence

starts. With the ratio L/D = 1 the expected combustion efficiency is in the range

0.9÷ 0.93.
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3.4 Oxidizer supply

Essentially there are two way of feeding the oxidizer to the combustion

chamber. One being the gas-pressurized propellant feed and the other turbopump

propellant feed system. In this section both ways will be briefly described and

followed by a subsection, in which my conceptual solution will be laid out.

• Gas pressure feed systems: In this simple and very common was of pres-

surizing the oxidizer tank the oxidizer is pushed out of the tank by a pressurant

gas, which is fed into the tank at a controlled pressure and thus giving a con-

trolled oxidizer discharge. Simplicity of this feed method comes hand in hand

with reliability. The gas pressure feed system usually consists from a high

pressure tank, with the pressurant, gas starting valve, followed by a pressure

regulator, propellant tank, propellant valves and feed lines. Depending on the

mission requirements the complexity of the system might increase and imple-

ment additional components, check valves, pressure gauges and so on. For use

in gravity-free conditions the propellant tank employs devices to ensure wet-

ting of the propellant outlet. This methods include movable pistons, flexible

bladders or surface tension screens.

• Turbopump feed systems: As the name suggests propellants are pressur-

ized by pumps, which are powered by turbines deriving the necessary power

from the expansion of the hot gasses. This systems is suitable for high thrust

applications with long operational duration. The mass of the system is in-

dependent of the duration, unlike the gas pressurized tanks, where with pro-

longed duration mass of the tanks increases. Overall the turbopump solution

is more complex, with large amount of components. Based on the management

of the combustion gasses there are open or closed loop cycles. In the open loop

cycle the working fluids gasses are dumped overboard, in closed loop they are

eventually injected into the combustion chamber for increased efficiency.
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3.4.1 Oxidizer supply design

First thing I did during the oxidizer supply calculations is to determine the

oxidizer pressure, at which it must be fed to the combustion chamber. For this I

used equation 3.77 adapted from [2].

pox = 1.2pc (3.77)

The pressure difference ∆p ≈ 0.2pc represents the total pressure loss in

pipes, valves and injection, this expression is amplifying the pressure loss in order to

avoid flow instabilities. In my design I have latter on, in the section 3.7 designed the

cooling system, where the oxidizer is used as coolant and up-down cooling flow is

utilized. This means that coolant enters the piping at the beginning of the combus-

tion chamber, flows ”down” through the piping towards the nozzle exit and through

an adjacent pipe flows back ”up” into the combustion chamber top casing and in-

jector. This design results in a fairly long flow path of the oxidizer, therefore I have

decided to increase the presumed pressure difference due to piping and valves. For

my calculations I have assumed the pressure difference as ∆p ≈ 0.75pc, the pressure

in oxidizer tank can be seen in 3.78. As the shape of oxidizer tank I have initially

assumed spherical shape. The inner diameter and wall thickness are determined

with following expressions:

pox = 1.75pc = 1.75 · 760 801.99 = 1 331 403 Pa (3.78)

Dox,in =
3

√
6
Vox + Vu

π
(3.79)

The ullage volume has been assumed as Vu = 0.05Vox. This assumption was

made based on the information found in [3] and [1], where ullage volume ranges

from 2−6%, based on the propellant and tank, my assumption is closer to he higher

estimate, taking in account potential residual fluid in the tanks.
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Dox,in =
3

√
6

0.137 + 0.05 · 0.137

π
= 0.65m (3.80)

tox,w =
0.25 (1 + fs) poxDox,in

σ
(3.81)

tox,w =
0.25 (1 + 1.5) 1 331 403 · 0.65

225
= 0.0024m (3.82)

The diameter of the tank is exceeding the outer diameter of the connecting

flanges, this is unacceptable, given my constraint the diameter of the tanks should

not exceed the flanges outer diameter. Spherical tank is advantageous in certain

aspects, but increasing the final diameter of the rocket would bring additional drag

force and demean the overall performance of the rocket. To comply with the diam-

eter constraint I decided to use a cylindrical tank, with ellipsoidal head.

Vcyl = πr2cylhcyl + 2 · 2

3
πr2cylhhead (3.83)

In the equation 3.83 I combined the expression for the volume of the cylinder,

the first part, and the volume of the ellipsoidal head. The height of the tank head I

have assumed as hhead = 0.05hcyl. By substituting the height of the tank h = 1.5m,

and expressing the radius:

rcyl =

√
4Vcyl

3 · (πhcyl + πhhead)
=

√
4 · 0.1433

3 · (π · 1.5 + π · 0.005)
= 0.17m (3.84)

Nest step is to calculate the thickness required to withstand the circumfer-

ential stress and longitudinal stress. The vessel thickness is the greater of these.

Correctional factor for the joint type E was assumed as E = 0.85, this corresponds

to the welded joint at nozzle. Additional factor of safety fs = 1.5 was taken in

account.
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tc =
poxrcylfs

σE − 0.6pox
(3.85)

tc =
1 331 402.78 · 0.17 · 1.5

225× 106 · 0.85− 0.6 · 1 331 403
= 0.0018m (3.86)

tl =
poxrcylfs

2σE + 0.4pox
(3.87)

tl =
1 331 403 · 0.17 · 1.5

2225× 106 · 0.85 + 1 331 403
= 0.0009m (3.88)

The safety factor of the oxidizer tank I have assumed as fs = 1.5, as the

material for both oxidizer and pressurant tanks I have decided to use the aluminium

alloy 5083. In the calculations I have assumed the alloys yield strength 225MPa. I

was not able to find the exact values for the operational temperature, but this type

of alloy is used for the pressure vessels operating at low temperatures from −200◦C.

tank type mtank (kg) ttank (mm) Vtank (m3) ptank(Pa)

Sphere 8.67 2.4 0.143 1 331 403
Cylinder 7.61 1.8 0.143 1 331 403

Table 3.6: The oxidizer tank design results

For the design of the pressurant vessel I have first done a preliminary analysis

with a goal to get an estimate of the tank pressure and volume. The inner diameter of

the tank was restricted not to exceed the outer diameter of the combustion chamber

flange. Via the adjusted equation of state for the ideal gas 3.89 I determined the

amount of substance n2 of Helium needed in pressurizing tank to be able to pressurize

the oxidizer tank at required pressure and volume.

n1 =
pox (Vox + Vu)

RT
(3.89)

n1 =
1 331 402.78 · (0.143 + 0.143 · 0.05)

RT
= 80.88mol (3.90)
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n2 = 2 · n1 (3.91)

n2 = 161.76mol (3.92)

Using the equation of state for the n2 I found the pressure value for the

inner diameter of the pressurant tank to comply with restriction. I set diameter of

the spherical pressurant tank as Dpr,in = 0.4m. The oxidizer tank diameter was set

smaller, in order to reserve some space around the tank for piping.

Vpr =
4

3
πr3pr,in (3.93)

Vpr =
4

3
π0.23 = 0.0335m3 (3.94)

Using the adjusted law of state for the ideal gas I can now determine the

pressure inside of the pressurant tank.

ppr =
n2TR

Vpr
(3.95)

ppr =
161.76 · 298.15 · 8.314

0.0335
= 11 959 773 Pa (3.96)

For thickness calculations I assumed ppr = 12MPa.

With the helium tank pressure found I can now determine the tank size and

geometry.

ttank =
pprrpr,in

2σ
(3.97)

ttank =
12× 106 · 0.2

2 · 225
= 0.0055m (3.98)

36



3.4. OXIDIZER SUPPLY Ivan Šonka

mtank =

((
4

3
πr3pr,out

)
− VHe

)
ρ (3.99)

mtank =

((
4

3
π0.20553

)
− 0.0335

)
2 650 = 7.53 kg (3.100)

mtank (kg) Vtank (m3) ttank (mm) ptank (MPa)

7.53 0.0335 5.5 12

Table 3.7: The pressurant tank design results
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3.5 Oxidizer injection

The injector for liquid engines is a complex issue, where the flows of two

fluids must be matched with problems like angles at which the impinging of the

fluid droplets happen. The task is a bit simpler for hybrids, where only one of the

propellants is fed through the injector. Yet still there are difficulties to address, for

example the length of the pre-combustion chamber, which has to be long enough

so the oxidizer has enough time to vaporize. Longer pre-combusiton chambers also

lowers the pressure oscillations.

Figure 3.8: Comparison of high and low pressure oscillation operation [3]

Important design factor when it comes to injector design is the discharge

coefficient Cd, which describes the ratio between the theoretical and the actual

flow through the injector orifice. The discharge coefficient was already determined
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by experiments for a various number of orifices, its value depending on the orifice

shape and the nature of the oxidizer flow. Discharge coefficient values for various

orifices can be seen in 3.9.

Figure 3.9: Discharge coefficient table [3]

Based on the values in 3.9 I have decided to use the short-tube with rounded

entrance orifice. The corresponding recommended diameter of the orifice do =

1.57mm, now I can determine the volume flow through one orifice from the equation

3.102. The overall number of the orifices needed to supply sufficient oxidizer flow

was calculated from the equation 3.104, adapted from [6] .

Cd =
Q̇

Q̇th

(3.101)
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Q̇1 = CdA

√
2

ρox
· (pox − pc) (3.102)

Q̇1 = 0.9 · π · 0.001572

4
·
√

2

1 280
· (1 331 403− 760 801.59 = 3.117× 10−5 m3/s

(3.103)

Nor =
ṁox

ρox · Q̇1

(3.104)

Nor =
3.887

1250 · 3.117× 10−5
= 99.77 (3.105)

do (mm) Q1 (m3/s) nor (-) Cd(-)

1.57 3.117× 10−5 100 0.9

Table 3.8: Injector design results
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3.6 Ignition

The ignition system is crucial for the engine for a number of reasons. Wrong

timing of the ignition sequence can for example lead to the hard start with the liquid

rocket engines, where during the initial ignition the fuel and oxidizer combination

are introduced to the combustion chamber in the wrong ratio and overpressure

occurs. This excessive spike in the chamber pressure may lead to structural damage

or explosion. Unlike the liquid counterparts the hybrid engines are safer in this

regard, as the O/F ratio is governed only by the liquid oxidizer supply and the fuel

and oxidizer combinations are typically not hypergolic. The increased safety of the

ignition, and safety of storage as there is no need to employ hypergolic substances,

is traded-off by different factors complicating the ignition in hybrid rocket engines.

The intial O/F ratio usually varies both in liquids and hybrids from the ideal

operational O/F , being somewhat lower at first. There are several viable options,

when it comes to ignition systems and the selection process of the suitable specific

ignition design depends on many factors. Chiefly being the choice of the fuel/oxidizer

combination. The overall design complexity should also be taken in the account, the

ignition system should now add unnecessary dry mass or be excessively complicated.

It should not burden the vehicle design with additional tanks for additional reactants

and piping, in ideal case utilize the substances already on board of the vehicle.

In order for the ignition mechanism to work properly for my choice of pro-

pellants it is needed to create a combustible mix of the oxidizer and fuel. Just by

introducing the liquid or gaseous oxidizer into the combustion chamber via injector

is not enough, as the solid fuel will not mix with the oxidizer and form combustible

mix. This is one of the greatest challenges when it comes to hybrid ignition, although

it is also one of the greatest advantages of the hybrids, where the low possibility

of spontaneous combustion is the very factor increasing the safety of hybrids. It is

crucial to ensure the solid fuel to ablate and mix with the flowing oxidizer. This can

be achieved by introducing additional energy source. In this section several options

when it comes to ignitions systems will be discussed followed by the description of
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my conceptual design.

3.6.1 Pyrotechnic ignition

This type of ignition mechanism is probably the simplest, both in design and

in operation. Essentially pyrotechnic ignition can be described as a small charge,

ignited for example by an electrical current passing through a resistive wire, thus

increasing the temperature and igniting the charge. Substances like black powder

may be used to create the charge itself. These charges are used for also for example

for launching fireworks and smaller version are usually widely available.

Unfortunately the charge can be fired only once, so this type of ignition

offers no restartability. Simplicity of the design and operation on the other hand

makes this ignition mechanism suitable for smaller scale hybrids, where the even

the small charge is sufficient to generate combustible mix of fuel and oxidizer and

also ignite the resulting mix. Even though the ignition cannot be repeated once it

started it is possible to use for larger scale engines. For example the DARE student

club used scaled up pyrotechnic ignition in one of their hybrids. The resistive wire

was coated by a substance similar to matches and black powder and covered with

steel wool. To prolong the burn of the wool a bypass valve with oxidizer supplies

some of the liquid oxygen.

3.6.2 Hypergolic ignition

Hypergolic substances ignite spontaneously upon contact. Hypergolic pro-

pellants are well known for their use in liquid engines. As the examples of the

combinations can serve unsymmetrical dimethylhydrazine or monomethylhydrazine

combined with nitrogen tetroxide. These reactants are probably more famous for

their use as propellants rather than ignitors. Used as ignitors they provide reliable

source of ignition. However they increase the complexity of the construction by

adding additional piping and tanks, also the chance of spontaneous combustion, if

the reactants would come in contact sooner and toxicity of the substances lowers
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the safety and increase the operation costs. The additional construction might in-

clude a precombustion chamber for the hypergols to mix in, shcematics of the engine

equipped with the hypergolic ignition can be seen in fig 3.10

Figure 3.10: Schematics of the hypergolic ignited hybrid engine [4]

3.6.3 Catalytic ignition

During catalytic ignition enough energy is released from the reaction to

ensure initiation of the combustion process. With the use of suitable catalyst the

specific propellants may be ignited catalytically. Hydrogen peroxide is a typical

substance that can be used for this type of ignition. Prior to the combustion chamber

a catalytic bed must be located, housing the catalyst in sufficient amount to ensure

proper catalytic reaction. Example of a hydrogen peroxide reaction can be seen in

3.106, adapted from [8].

2H2O2(l)→ O2(g) + 2H2O(g) + heat (3.106)

3.6.4 Electrical arc ignition

This type of ignition mechanism utilizes the effect called electrical break-

down, where the insulating medium between high voltage electrodes has been ex-

posed to a voltage higher than its electrical breakdown voltage and an electrical arc

is formed between the electrodes. The electrodes can be placed inside of the fuel
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grain. After the formation of the arc plasma comes in contact with the fuel grain

surface and the heat of the plasma causes ablation of the solid fuel grain. Now

gaseous fuel products mix with the oxidizer and form combustible mix, once there is

enough of the gaseous fuel present. Plasma also serves as a spark that initiates the

ignition of the fuel and oxidizer mixture. This approach to the hybrid ignition issue

utilizes substances already present in the engine and does not require additional

reactants.

Figure 3.11: Visualization of the electric arc ignition on the cross-section of the fuel
grain [7]

3.6.5 Plasma torch ignition

Plasma torches utilize electrical energy to directly heat a flow of a gas

medium and form a high temperature plasma flow. This heated plasma can be

used to ablated the solid fuel grain to produce gaseous fuel particles to be combined

with the oxidizer and form a combustible mixture. Heat of the plasma flow also

serves as initiator of the ignition once the combustible mix is formed, similarly in

principle to the electrical arc ignition. Inside the plasma torch body there are two

electrodes, electrical arc forms between the cathode and anode and working gas

flows through the arc and creates a plasma jet. Simplified schematics can be seen

in the figure 3.12
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Figure 3.12: Plasma torch schematics

3.6.6 Ignition design

For my design I have chosen the plasma torch ignition, this type of igniter

was already tested with smaller hybrid engines [12]. Experiments done in this paper

found, that plasma jet created by the plasma torch may not be of sufficient length.

If the distance between the solid fuel grain and the plasma jet is too long, the

heat of the plasma will not be able to ablate the fuel grain. To enlarge the fuel

jet the plasma torch nozzle end was equipped with a small ignition-assistant fuel

cartridge. This adjustment made the plasma jet large enough to ensure the creation

of the combustible and ignition. For my design I have adapted similar solution.

Since I have designed the engine with the liquid oxygen as the oxidizer I need the

pre-combustion chamber in order to provide space in which the liquid oxygen can

evaporate, too small pre-combustion chamber following the injector would lower the

efficiency of the combustion. To form a plasma jet big enough I have scaled up the

ignition-assistant cartridge. It is difficult to determine the actual ideal length of the

resulting flame plume and it would require some testing to tune the actual design.

In the oxygen rich environment of the combustion chamber the flame jet formed by

ignitor would be enough to ablate at least some of the fuel and initiate first smaller

combustion, which would lead to the further ablation and actual engine ignition.

As the working fluid of the plasma torch I choose to use Helium, used also as a

pressurant gas for pressuring the oxidizer tank.
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3.7 Cooling

Because of the high operating temperature and relatively long burn time

I have to employ one of the cooling methods to prevent failure. In this section I

present a short description of the cooling methods used and in 3.7.1 I present my

design for the regenerative cooling for my rocket engine.

• Regenerative cooling Probably the most widely applied method of cooling.

The propellant or oxidizer, sometimes both, are fed through passages in the

thrust chamber and nozzle wall before being injected into the combustion

chamber. In my case the only option to use as a coolant is the oxidizer. The

fuel grain in hybrids serves as a sort of insulation for the combustion chamber,

but the post-combustion chamber and nozzle are exposed to the heat without

any additional relief.

• Dump cooling In principle similar to the regenerative cooling, but as the

name suggests the coolant is dumped overboard. This means only a portion

of the propellants can be used for and it also limits the type of propellants to

be used in the engine. Typical is the use of hydrogen in LO2/LH2 engine.

• Film cooling Part of the propellant is introduced directly through the cham-

ber wall via manifolded orifices, forming a thin protective film. This method is

employed for engines with high heat fluxes, sometimes in combination with the

regenerative cooling. This method would also be viable in my design, since the

additive technology would allow interesting possibilities in terms of the orifice

and manifold design, however the proper investigation of this possibilities were

beyond the scope of this thesis.

• Ablative cooling During the ablative process the combustion chamber wall

melts, vaporizes and undergoes a chemical change in order to dissipate the

heat. By sacrificing the material cooler gases flow over the wall surface, lower-

ing the boundary layer temperature. This method is usually used in the solid

engines.
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• Radiation cooling With this method the heat is simply radiated by the outer

surface of the thrust chamber. Usually applied for the nozzle extensions, where

the pressure induced stress is lower.

Figure 3.13: Section of the cooled rocket thrust chamber with typical temperatures
[3]

3.7.1 Regenerative cooling design

As the cooling method I decided to employ the regenerative cooling, with

the oxidizer as the coolant. Because I assume metal additive technology as the

fabrication method for my engine, the cooling channels can be implemented in the

nozzle and combustion chamber itself. I must calculate the number and area of the

coolant passages. To determine this I used the equations found in [3].

q = h(Tg − Tl) (3.107)

q = hg(Tc − Twg) (3.108)

q =
k

tw
(Twg − Twl) (3.109)
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q = hl(Twl − Tl) (3.110)

These equations are generally applicable for the steady-state heat transfer

analysis. The gas film hg and coolant film hl coefficients can be determined via 3.111

and 3.112:

hg = 0.026
(ρv)0.8

D0.2
Pr0.4

γ

µ0.8
(3.111)

hl = 0.023C̄
ṁ

A

(
Dvρ

µ

)−0.2
µC̄

k

)− 2
3

(3.112)

Constants 0.026 in 3.111 and 0.023 3.112 are empirically determined.

my approach was as follows. By substituting the tw from 3.109 I can de-

termine the heat transferred per unit area per unit time. Wall temperature on the

gas side Twg is determined by the material constraint of the Inconel 625, according

to the data sheet, supplied as an appendix, the major changes in the yield stress

due to the temperature occurs between 538◦C and 760◦C. For my calculations I

set acceptable working temperature as 649◦C = 922K. For this temperature and

corresponding yield stress I determined the wall thickness tw, see section 3.3. The

conductivity of Inconel 625 at the working temperature foung in the data sheet is

k = 16.4W/mK.

q =
k

tw
(Twg − Twl) (3.113)

The wall temperature on the coolant side Twl is determined by the boiling

point of the coolant, for liquid oxygen 90K. Upon exceeding the coolant boiling

point by 10 − 50K phenomenon known as nucleatic boiling occurs. The vapour

bubbles form on the wall surface and break away from the wall and collapse in the

cooler liquid further from the wall. This causes turbulence in the flow, spoiling the

cooling capacity. ”The turbulence induced by the bubbles changes the character of
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the liquid film and, augmented by the vaporization of some of the propellant, the

heat transfer rate is increased without a proportional increase in the temperature

drop across the film, ...” [3]. I assumed acceptable liquid side wall temperature as

Twl = 95K.

Figure 3.14: Effect of the nucleate boiling on heat transfer [3]

q =
16.4

0.002
(922− 95) = 6 789 600W/m2s (3.114)

By substituting in the equation 3.115 I can determine the hl.

hl =
q

(Twl − Tl)
=

6 789 600

(95− 61)
= 199 694W/m2sK (3.115)

Now I can determine the required flow area of the coolant passages. By

substituting the flow area A from equation 3.112. But first I substituted the flow

velocity v and equivalent diameter D as functions of the flow area.

D =

√
4A

π
(3.116)

v =
ṁ

ρA
=

3.75

ρA
(3.117)
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A =

0.023Cp
ṁ

hl

ṁ
√

4
π

µ

−0.2(
Cp
kLOX

)
3/4

(3.118)

A =

0.023 · 1670.19 · 3.75

199 694
·

 3.75
√

4
π

0.000621

−0.2

·
(

1670.19

0.194

)
3/4

= 0.0005m2

(3.119)

To determine the number of coolant passages I have assumed square shaped

passage with dimensions 2.5x2.5 mm at the nozzle throat. With these dimension

there is still room for sufficient wall thickness between the adjacent passages. The

number of passages is calculated by dividing the area of one passage by the required

passage area.

Apas = a · a = (2.5 · 2.5)× 10−6 = 6.25× 10−6m2 (3.120)

N =
A

Apas
=

5× 10−4

6.25× 10−6
= 81 (3.121)

Coolant passages were designed to widen with increasing diameter, turning

from the square shape at the throat into ring segment at nozzle exit. The combustion

chamber and nozzle are designed as one piece, same ideological approach in terms

of the cooling applies therefore to the combustion chamber. The oxidizer inlet into

cooling passages is through a tube connected to a flange at the nozzle exit. In the

flange there is a rectangle shaped duct serving as a coolant manifold. The manifold

duct travels along the entire nozzle exit diameter to distribute the coolant into

individual passages. The wall thickness at the manifold duct is increased in order to

mitigate the potential threat of mechanical damage during manipulation. Coolant

travels through passages against the combustion gasses flow direction up the nozzle

and combustion chamber. In the connecting flange, where the combustion chamber

connects with the casing, is another rectangle manifold duct. From the manifold
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duct there are 24 orifices, which ensure the oxidizer flow into the casing and into the

injector located in the casing. The connection between combustion chamber flange

and casing flange is sealed using the PTFE sealing rings, this material is used as

sealant in cryogenic applications with liquid oxygen and is able to withstand the

cryogenic temperatures. Both manifold ducts and internal pipes in the casing have

approximately same cross section area as the required coolant flow area.

The presented design is of the cooling system is sufficient for a conceptual

design phase, but it would be desirable to further investigate, fro example better

optimization in term of coolant flow analysis, losses due to the flow and friction in

the passages would be in place and offers opportunity for further study. Also further

analysis of the combined regenerative and film cooling might be in place.
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3.8 Design summmary

In this section figures of the final design are presented with complementary

description of the engine’s subsystems. First two figures 3.15 and 3.16 are the whole

engine assembly, in the second case put in a representative fuselage, shown as a

section with a person to scale.

Following the assembly are the figures of the subsystems itself in a order as

were described in the thesis, starting with the combustion chamber and nozzle. The

nozzle flange has 24 holes for bolts. Half of these is to be used to connect the com-

bustion chamber to the head casing, the other half is meant as a connecting points

for the fuselage. The combustion chamber and nozzle is meant to be fabricated

using the metal additive manufacturing. With the overall combined length of the

nozzle and combustion chamber over 2 meters, using metal additive manufacturing

the actual possibility of printing the combustion chamber and nozzle as one piece

seems distant. Metal 3D printers usually operate with volumes of several hundred

millimeters, the largest up to 1 000x1 000x700mm. Taking into account possible

developments in the field, in several years the manufacturing might be possible. To

adjust these technological limitations the nozzle could be split from the combustion

chamber and reattached using flanges, similar to the one used for the connection of

the combustion chamber and head casing. To split the length evenly, the section

would take place probably at the beginning of the pre-combustion chamber. The

fabrication speeds of the metal 3D printers varies greatly, between 100cm3/hour up

to 12 000cm3/hour for the fastest machines. To consider the possible print time,

let’s assume the part as a cylinder, with the diameter equal to the outer diameter

of the nozzle exit flange and length of 2 meters.

Vprint = LD2π0.25 = 2 · 0.62 · π · 0.25 ≈ 0.6m3 (3.122)

tprint =
Vprint
vprint

=
600 000

100÷ 12 000
= 6 000÷ 50hr (3.123)
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Figure 3.15: Engine in assembly: 1 - Combustion chamber and nozzle, 2 - Head
casing, 4 - Igniter, 5 - Oxidizer tank, 6 - Pressurant tank, 7 - Shut-off valve, 8 -
Pressure regulator, 9 - Helium bypass duct, feeding the igniter, 10 - Oxidizer duct,
person to scale
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Figure 3.16: Assembled engine in a representative fuselage, 3 - Injector, 11 - Fuel
grain, 12 - Fuselage
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Figure 3.17: Combustion chamber and nozzle

The printing of the nozzle as is would therefore be take up probably some-

time between 6 000 and 50 hours. The operation might be faster considering the

thin walled design of the nozzle. The detailed section of the oxidizer inlet into the

cooling passages can be seen in the 3.19. In the middle of the ducted flange we can

see the thickening rib, several ring section shaped ribs are inside the ducted flange,

to help withstand the mechanical loads.

Figure 3.18: Section of of the combustion chamber nozzle, flange on the left hand
side to be connected with head casing, right hand side is the ducted flange with
oxidizer inlet

From the roughly rectangle shapes of the passageways at the nozzle exit

plane the shape changes into roughly square at the nozzle throat plane, 3.20.

The transfer of the oxidizer between combustion chamber and the head
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Figure 3.19: Detailed view of the nozzle oxidizer inlet

Figure 3.20: Throat plane section of the nozzle

casing, where it flows into the injector, is done via the connecting flange. In a

similar fashion of the ducted flange at the nozzle exit there is rectangle shaped duct

inside the flange. There are 22 orifices connected to the radial duct. These orifices

are linked to the ducts inside head casing, leading the oxidizer to the injector plate.

Each orifice is sealed using PTFE sealing rings, fitting into the slot around orifices.

The flanges itself have slot for a copper seal, in the figure seen below the oxidizer
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flow path.

Figure 3.21: The detailed section of the connecting flange

The engine equipped with headcasing and loaded with fuel grain can be

seen in the figure 3.22. The fuel grain is to be loaded from the head casing side,

at the end of the combustion chamber there is ledge for the grain to lay upon.

From the side the grain is secured with the head casing. Pre-combustion chamber is

relatively small, the oxidizer injection and dispersion of the gaseous oxidizer could

be optimized, but this would require flow analysis and experimental verification.

Based on the data from the tests and flow analysis the pre-combustion chamber

might undergo optimizing.

The injection plate has 100 radially arranged orifices, one in the middle and

rest on the concentric circles, 10 on the first, 20 on the second, 30 on third and 39

on the last. The injection plate is mounted into the head casing by using 12 bolts,

threaded holes are in the head casing. The injection plate is equipped with two slots

for the sealing, one on the head casing side, the other on the cylindrical plate.

The representative model of the ignition torch can be seen in 3.26, mounted

in the head casing. During the experiments conducted by [7] the torch itself was not
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Figure 3.22: Section of the engine, with head casing attached and fuel grain loaded, 1
- Pre-combustion chamber, 2 - Combustion chamber, 3 - Post-combustion chamber,
4 - Nozzle

able to light the tested engine, small piece of plastic was added to the nozzle end

of the torch to increase the flame length a introduce enough heat to he fuel surface.

In my design I have taken similar approach. The tested plasma torch was fed by

argon gas, in my case it would be fed by helium, used as pressurant, fed into the

plasma torch from a bypass, duct travelling along the oxidizer tank, visible in the

3.15. According to the [7] helium should be able to perform as working gas same

way as argon did during the experiment. The additional issue this solution brings

is the additional weight, because the plasma torch requires significant power supply.

On the other hand this solution brings the advantage of the longer burn of the torch.

During the experiment the torch was able to burn for 5 seconds, even with small

ignition assistant. The fuel pellet in my design was scaled up a bit. The torch itself

is mounted into head casing via the threaded hole. This system would also require

further investigation a optimization, without experiments it is hard to determine

the actual length of the flame and it’s effect on the solid fuel grain. This goes hand

in hand with the head casing design and the pre-combustion chamber design. If the

flame developed by the flame would be of large extent, the pre-combusiton chamber

could be bigger, allowing better vaporization of the liquid oxidizer, if the oxidizer

would still require more space, the igniter could be moved closer to the flange and

fuel grain. Possibility to increase the ignition assistant in size is limited by the fact

that through the head casing leads the oxidizer flow. Too great increase in the fuel
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Figure 3.23: The oxidizer injection plate- ”shower head” type, shown from the
combustion chamber side

Figure 3.24: Section of the injector plate
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Figure 3.25: Section of the mounted injection plate in the head casing, 1 - primary
seal, 2 - secondary seal
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Figure 3.26: Section of the igniter, 1 - Plasma torch, 2 - Fuel pellet

pellet size would result in reducing the duct flow area.

Figure 3.27: Chamber head casing
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In my design the engine head casing is also to be 3D printed. This offers a

opportunity to save weight, while the bulky solid body as can be seen in the 3.27

would weigh around 90 kilograms, 3D printed structure would offer great weight

savings, beside the connecting flange it is not necessary to use so much material, in

a similar fashion in which the oxidizer ducts are made, the weight saving channels

could be manufactured. The flange still needs to retain most of the mass, but other

than that head casing can be turned into thinner structure, with a wall thickness sim-

ilar to combustion chamber and nozzle. Using different fabrication methods would

render the fabrication of the oxidizer passages in the head casing near impossible.

In the figure 3.29 the detailed section of the flange connection is depicted,

with the connection between head casing passages and combustion chambers channel

visible. Typical way of connecting head sizing to a combustion chamber is depicted

in the figure 3.28, only half of the holes are being used at the moment, the rest is

to be used to mount and attach the engine into the rocket or to the test stand.

Figure 3.28: Close-up of the bolted flanges
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Figure 3.29: Bolted flange section, 1 - PTFE sealing ring for the oxidizer channels
2 - copper sealing

3.9 Test stand

In this final section I will present layout of the test stand for my design.

My design consists of mounting plate, with holes for bolts, matching the ones in

the engine flanges. The engine is attached via the flange and bolts to the mounting

plane. Mounting plane is connected to the load cells, which are attached a steel

beam construction. Due to the length and weight of the engine two supporting

features are screwed into a plane on the construction in order to lower the bend

load on the mounting plate, bolts and flange. The plane has to be movable, in the

direction of the thrust, so the supports would not limit the thrust and compromise

the tests. The oxidizer feeding system should include additional shut-off valves and

pressure gages to asses the pressure in the piping and flow meter just before the

oxidizer inlet. The whole oxidizer feed system should be tested before to adjust the

feed pressure if need be, to more precisely determine the losses in the piping and

cooling passages.
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Figure 3.30: Feeding system diagram for testing 1 - Oxidizer tank, 2 - Shut-off valve,
3 - Pressure regulator, 4 - On-off valve, 5 - Pressure gage, 6 - Flowmeter, 7 - Gas
supply for the igniter, 8 - Engine, 9 - Pressurant gas

Figure 3.31: Schematics of the test stand, 1 - Engine, 2 - Beam construction, 3
Movable plane, 4 - Attachment rings, 5 - Loading cells
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4. Conclusion

After the research regarding the hybrid rocket engines with emphases on

their use as a propelling system for the sounding rockets I have conducted prelimi-

nary design of the propellant demands on such application with chosen propellant

combination, liquid oxygen and paraffin wax. To further assess the suitable set-

up for the vehicle feasibility analysis was conducted, resulting in choosing time of

engine burn of 45 seconds. Based on my colleague’s fuel grain design, which was

designed for the same application, I have determined the dimensions, pressure and

temperatures in the combustion chamber and nozzle. With the newly obtained data

I have found the average thrust is greater compared to the values used in feasibility

analysis. Based on the combustion pressure I have found the necessary wall thick-

ness for the combustion chamber. The fabrication method for the nozzle is metal

additive technology and material Inconel 625. For the oxidizer supply I have decided

to use a gas pressure feed system, liquid oxygen serves as coolant and is fed into the

channels in the nozzle wall at the nozzle exit plane. The design of the oxidizer and

coolant systems offer a opportunity for a further investigation, flow modelling and

experiments would help to get more precise design, but are beyond the scope of this

thesis. For the ignitor I have adapted an approach, in which the ignition is initiated

by a plasma torch, as a working fluid for the torch I have decided to utilize helium,

serving as well as the pressurant gas. As a follow up research it would be desirable

to investigate the possible weight savings, especially for the head casing, oxidizer

flow, heat exchange between coolant, nozzle wall and combustion gasses and the

limits in using the plasma torch as ignitor, where the length of the flame and would

require experimental validation.
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